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RESEARCH MEMORANDUM

ANALYSTS OF THE TURBOJET ENGINE FOR PROPULSION OF
SUPERSONIC FIGHTER ATRPLANES

By David S. Gabriel, Richard P. Krebs, E. Clinton Wilcox,
and Stanley L. Koutz

SUMMARY

An anslysis has been made to determine the effects of various tur-
bojet design and operating variables as well as various combinations of
pertinent engine varigbles, or type of engine, on supersonic fighter or
interceptor airplane performance. To cover the extremes of probable
coubat missions, two different types of flight plan were considered;
one that involved primerily climb, acceleration, and supersonic combat,
and a second that included 400 miles of crulse to combat end 30 minutes
of hold or loiter time. A combat altltude of 50,000 feet was used and
combat Mach numbers of 1.8 and 1.35 were considered, with principal
emphasis on the Mach number 1.8.

The sultability or merit of the various englne designs and the
relative importance of the different engine design variables are evalu-
ated by the various airplane performasnce parameters. For englnes pro-
viding adequate teke-off and climb characteristics, and with fixed gross
welght, pay load, and maneuverebility requlirements, the combat endurance
affords a particularly critical figure of merit. Engine designs yleld-
ing greatest combat endurance are also capable of fulflilling a glven
combat mission with a minimum airplsne gross welght.

The engine variables consider=d were compressor pressure ratio,
compressor efficiency, turbine-inlet tempersasture, afterburner-outlet
temperature, engine specific welght, air-handling capacity, type of ex-
haust nozzle, and type of engine installstion (installed in nacelles
or submerged in the fuselage). With each change in engine variable,
gppropriate changes in the alrplane were made. The effects of individ-
ual variations in engine varisbles were studied; and, in addition,
certain interrelated effects, such as the influente of variations of
compressor variables on combustor veloclities, are considered.

The results show generally that engine welght is an extremely im-

portant engine-design variable. Component efficiencies over the range
generally encountered in present designs have somewhat less effect on
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performance than engine welght. The use of & variable-area, convergent-
divergent exhaust nozzle rather than a convergent nozzle, increases in
turbine-inlet temperature, and increases in air-handling capacity pro-
duce large gains in performance.

Engines having component performance typical of currently available
engines, that is, a2 turbine-inlet temperature of 2000° R, an ailr flow of
27 pounds per second per square foot of compressor-tip ares, and a peak
compressor efficiency of 85 percent, had an optimum afterburner tempera-
ture of 3500° R for both types of flight plan considered. Performance
was generally not greatly affected by couwpressor pressure ratio. The
insensitivity to compressor pressure ratio was unaltered by changes in
turbine-inlet temperature, air-handling capacity, or type of exhasust
nozzle.

For an engine with a turbine-inlet temperature of 2500° R or
higher, an alr-handling cspacity of 33 pounds or more per second per
square foot, and a variable-area, convergent-divergent exhaust nozzle,
an afterburner may not be required.

Approximately the same type of engline provided wmaximum combat
endurance, or minimum airplane gross weight, whether installed in
nacelles or submerged in the fuselage. Simllerly, variations in combat
Mach number from 1.35 to 1.8 had only a small effect on the type of
engine providing best combat endurance. If engines with advanced com-
ponents are used, & combat endurance of 5 minutes may be reellized for
the short-range, or local defense, mission without appreciable cruise
or loiter with an initial airplane gross weight of 11,000 pounds; and
for the longer-range mission, with 400 miles of cruise radius plus hold
or lolter time, with en initial gross welght of 20,000 pounds.

INTRODUCTION

With the advent of the turbojet enginé, sufficient power per unit
engine size became available to permit sustained supersonic flight.
Concurrent advancements in alrframe design have made supersonic flight
a reallty. For the potentialities of the turbojet engine to be fully
realized for supersonlc propulsion, both the over-all engine design and
the operating conditions of its components must be properly selected
for the particular flight conditions and propulsion reguirements.

The high degree of 1lnterdependence of engine and alrframe charac-
teristice at supersonic flight speeds precludes adequate determination
of engine design Ffactors without consideration of the aerodynamic char-
acteristics of the alrplane in which it is installed. An analysis of
aircraeft propulsion systems must therefore be properly and completely
integrated both with the characteristlics of the airframe and with the
particular propulsion requirements of the flight plan. One generalized
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analysis of this type covering & wide range of f£flight and engine condi-
tions is given in reference 1. The highly generalized nature of this
work, however, while enabling a wide range of conditions to be covered,
prevents direct application of the results to specific alrplane types
and the treatment of certain interrelated component opersting limits.

An anslysis has accordingly been conducted at the NACA Lewls lab-
oratory to determine the effects of various englne. design and operating
parameters as well as various combinations of pertinent engine wvarisbles
on the performance of supersonic alrcraft having various specific flight
plans and tactical missions. These alrplanes include fighter or inter-
ceptor types having several different flight plans as well as long-range
bombers. This report presents the results of the portion of the analy-
sis dealing with the interceptor alrplanes.

The most appropriate mission for these airplanes from tactical,
strategic, and economic considerstions is a matter of conbtroversy and
doubtless will vary as time and the state of the art progress. For the
present investigation, therefore, two different missions covering a
range of cruise radii and climb and meneuverability capabilities have
been considered. These £light plans cover the extremes of probgble
combat missions and the results of the analyses will therefore bracket
or include the requirements of intermediate f£light plans. A combst
altitude of 50,000 feet was used and combat Mach numbers of 1.8 and 1.35
were considered, with principal emphasis on the Mech number 1.8.

Representative alirplane conflgurations were selected and the effect
on the airplane performance of individuasl varistions of the principal
engine-design variebles was computed. The sultebility or merit of the
various engine designs and the relative lmportance of the different
engine design varilables 1s judged by the various airplane performence
parameters, such as take-off distance, time to combat, and combat
endurance. For engines providing adequate take-off and climb charac-
teristics and with fixed pay load and maneuverabillity requirements,
the combat endurance affords & particulerly critical figure of merit;
conversely, engine desligns that provide & maximum combat endurance for
a given alrplane gross welght are also cepeble of fulfilling a specified
combat mission with an airplane of minimum gross weight.

The engine-design variables considered were compressor pressure
ratio, compressor efficilency, turbine-inlet temperature, afterburner-
outlet temperature, engine specific weight, and engine-asir-handling
capaclity. Englnes equlpped with convergent and convergent-divergent
exhaust nozzlee were investligated. With each change in engine design
veriable, appropriaste changes in the alrframe were made, although with
few exceptions the general configuration remained the same. These ex-
ceptions included investigations into the effects of nacelle or sub-
merged installstions.
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ANALYSIS

Two basic flight plens, differing principally in the amount of sub- -
sonic flight, were considered. The first of these flight plans did not
include subsonlc cruise, loiter, or hold provisions, but was confined
primaerily to take-off, climb, acceleration, and supersonic comwbat. This
mission is considered to be the extreme example of defense of localized
areas from closely assoclated bases. The second mission included sub-
sonlc cruise or loiter together with appropriate hold and reserve pro-
visions and is consldered representative of the flight plan of =
fighter or interceptor having the range capsabllities necessary to defend
the perimeter of a lerge aree from widely separated bases.

2523

For the first type of mission, combat Mach numbers of 1.8 and 1.35
were considered. The flight plans for the two combat Mach numbers were
similer and are illustrated in figure 1. The Fflight was assumed to occur
in the followlng sequence:

(a) The alrplane made a ground run until 1ts speed was 1.2 times
the stall speed, at which speed take-off was accomplished. The alrplane
continued to accelerate at sea level until it reached a Mach number of
0.8. s

(b) At & constant Mach number of 0.8 the airplane climbed to
35,000 feet.

(c) A second period of accelerstion st constant altitude of 35,000
feet brought the fighter to design flight speed.

(d) The climb to combat condition, altitude of 50,000 feet, was
mede at the design Mach number.

(e) Consistent with the probable requirement of high rate of climb
and meneuverablllty for a local defense interceptor, sufficient power
wase installed in the alrplane to permlt & 2g turn at the combat condi-
tlion without loss of speed or altitude. When the combat altitude had
been reached the plane went into a 2g maneuver. The turn radius at
50,000 feet in a 2g maneuver at a constant flight Mach number of 1.8
is 10.4 miles and at a constant flight Mach number of 1.35 is 5.8 miles.
The engine thrust was held constant so that these radil decreased as the
gross welght of the ailrplane decreased because of the reduction in
gross welght due to the consumption of fuel. The alrplane was assumed
to combat until its fuel supply was exhausted. Afterburning was used
throughout the flight.

The fllight plan for the second type of misgsion is shown in figure

2, whereln altitude is shown as a function of distance. Take-off, =
acceleration, and climb to 35,000 feet were the same as for the filrst
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interceptor mission. At 35,000 feet and a flight Mach number of 0.9 the
airplane started & Breguet cruise which covered 400 nautical miles. At
the end of crulse, acceleration to the combat Mach number of 1.8 occcurred
followed by climb to the combat altitude of 50,000 feet. In view of the
subsonic crulse provisions and the reduced premium on very high rate of
climb for this type of mission, the power loading was reduced from that
of the local defense alrplane. Accordingly, this alrplene was powered
to permit gbout a 1.5g turn at the combat condltion without loss of
speed or aeltitude. The alrplane was assumed to combat in a 1.5g turn at
a Flight Mach number of 1.8 and an altitude of 50,000 feet. At the
conclusion of combat, return to the base occurred at subsonlc speed.
Hold times of 15 minutes at 35,000 feet and & flight Mach number of 0.8
and 15 minutes at seas level at a flight Mach pumber of 0.3 were included.
Afterburning was used in climb, acceleretion, and combat, but all cruilse
and hold flight was with the afterburner inoperative.

Alrplane Configurations

For all calculations except those in which the effect of gross
welght was investigeted, the airplane take-off gross welght was assumed
to be 40,000 pounds and the pay load (pilot, electronic equipment, end
armament) was 3000 pounds. In an analysis of this type it is possible
to fix initial gross weight and compute endurance or combat time, or to
fix combat time and compute initlal gross weight. Both methods have
some advantages. As will be shown, however, the effects of veriations
in the engine parameters and consequently the resulting engine designs
for ‘grestest coumbat endurance or minimum airplane gross welght are
nearly the same. Because the assumption of constant initial gross
welght is used princlpsally in this report, the resulting combat times
ere in some cases conslderebly greater than required. For these cases
initial gross welght could be reduced (not in direct proportion, how-
ever) until the combat time was decreased to the required value. In
this manner combat time becomes & measure of the size or initial gross
welght of the airplane as well as & messure of 1ts endurance.

Representative alrplane configurations were chosen for each combat
Mach number. For the 1.8 Mach number sirplane a stralght tapered wing
with modified hexagonel plan form and an aspect ratio of 3.0 was used.
The wing thickness-chord ratic was 0.045. The drag of the tall was
assumed to be 20 percent of the zero 1lift wing drag. A structure to
gross welght ratio of 0.3 was sssumed, consistent with contemporary
fighter deslign. The structural weilght was defined as gross weight
minus engine weight, pay load, and fuel and fuel tank weights. The
fuel tank welght was taken to be 0.1 of the fuel weight.

A tapered wing swept back 60° at the midchord and with a double-

wedge section was used on the interceptor designed to combat at a Mach
number of 1.35. The wing had an aspect ratio of 3.5 and a thickness-
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chord ratio of 0.05. The structural to gross welght ratio was increased
to 0.35 to account for the additional welght of the swept wing. The tall
surface drag and fuel-tank weight assumptions were the same as for the
1.8 Mach number sirplanes.

Two types of engine installation were considered, nacelle and sub-
merged. For the nacelle installation 1t was assumed that two englnes
vere used; and for the submerged installation, one engine was used.

For the nacelle instaellations the fuselage was assumed to be a low-drag
body with a length-diameter ratio of 12 and a frontal area of 13.3
square feet. The frontal erea was chosen as approximately the minimum
required for the pilot, armement, and radar equipment. The fuselage

in eall configuretions was assumed to house most of the fuel.

2523

The engine nacelles had a length-diameter ratio of 9, and the
frontal area of the nacelles was 1.3 times the frontal area of the
engine. The area swept by the compressor tip and the nacelle area were
in‘the proportion 1:1.8, and the areas of both the primary combustors
and the afterburner were enlarged to meske the area of a circle enclosing
these combustors 1.385 times the area swept out by the compressor tip.

For those configurations in which the power plant was submerged in ’
the fuselage, the fuselage had toc be enlarged to accommodate the engine
as well as pilot, electronic egquipment, armament, and most of the fuel.
The method of selectlon of fuselage frontal area is discussed in appen- -
dix B. (The symbols used in appendix B and elsewhere are defined in
appendix A.) This fuselasge frontal ares, for the size of engines en-
countered, afforded the necessary space for engine and pay loed with
sufficlent clearance around the engine for mounting and cooling. The
afterburner area was increased to 1.5 times the coumpressor tip aresa.

The wing loadings of the alrplanes for the two different interceptor
missions were set in different manners. For the first type of mission,
that of a local defense interceptor, the wing loadlng wes selected by
the procedure described in appendix D so that lift-drag ratios in level
flight and 1n a 2g maneuver were equal at the beginning of conbat.

This practice ensured adequate aerodynamic efficiency in both level
flight and maneuvers and resulted in wing loadings ranging around 120
pounds per square foot. For the second, or area defense type of fighter,
the optimum wing loadings for subsonic cruise and supersonic combat are
considerably different. A study of the effects of wing loading was
therefore made and as a result of this study a fixed wing loading of

100 pounds per square foot was found to be a good compromise value and
was used exclusively for this airplane.

Range of Englne Variables

The thrust of the engines was fixed by the drag of the alrplene
during the regulred combat maneuver at the combat condition. The
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size, weight, and fuel consumption of the engines were dependent, how-
ever, upon the engine design variables. The effects on airplane per-
formance of independently varying the following engine design varigbles
were computed:

Compressor pressure ratlo at sea level, zeroram . . . . . . . 3 to 15

Maximum compressor adisbatlc efficlency. . . . . « . « . 0.85 and 0.75
Air flow per unit of compressor frontal area (area

swept by compressor tip), (lb/sec)/sq £t . . . . . . . . . . 18 to 36
8Tyrbine-~inlet temperature, ®R . . = « « « « = « « . . - . 2000 to 3000
Afterburner-outlet

temperature, °R. . N « o « o turblne-outlet temperature to 4000
Engine specific weight, Ib/sq ft compressor

Prontal 8re8 « « ¢ « ¢ o o o o s o o s s o o o s+ » + « « » 400 to 800
BExhaust-nozzle velocity coefficient. . . . . . . . . . « . « 1.0 to 0.9

The followlng variebles were held at the given constant values:

Primary-conmbustor efficlency « ¢« ¢ ¢ « ¢ ¢ ¢ ¢ o ¢ o o o o o o @ 0.95
Ratio of primary-combustor total pressure loss to

Inlet total pressure . . . . . . . .« . e e s e e v s e e e 0.05
Retio of primary-combustor dlemeter to aiterburner diameter. . . 1.00
Ratio of inner to outer diameter of primary combustor. . . . . . 0.40
Turbine efficlency . ¢« & ¢ ¢ ¢ ¢ ¢« o ¢ 2 « o o s o = o a s s s 0.85
Ratio of afterburner friction pressure drop to burner

inlet dynamic head . . ¢ & ¢« ¢ 4 ¢ ¢ o &+ o« o o o o 2 s s o » o 2
Afterburner combustion efficiency. . « + ¢ ¢« ¢ ¢« ¢ ¢« &« o o« » « « o« 0.85

For most of the calculations, use of a variable-area convergent
exhaust nozzle was assumed. The effects on performance of using
convergent-divergent nozzles with elther a variable-area throat and
a fixed-outlet area or with completely varisble throat and outlet
geometry were also determined. The performance with convergent-
divergent exhaust nozzles was linvestigated assuming ideal one-dimensional
flow in the nozzle and also under actusl experimentally determined flow
conditions.

The engine inlet diffuser was assumed to be of the spike type with
a translating spike. The spike position wes varied to minimize additive
drag in the menner discussed in gppendix C. The subsonic pressure re-
covery was assumed to be 0.95 of the total pressure after supersonic
diffusion.

8For turbine-inlet temperatures of 2500° and 3000° R, respectively,
2 and 5 percent of the engine air flow were assumed to be bled from the
compressor discharge for turbine cooling.
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It was assumed that the englines operated at maximum indicated engine
speed and turbine-inlet temperature and with a constent afterburner-
outlet temperature throughout the climb, accelerstion, and combat portion
of the flight plan. As the flight Mach number and altitude varied
along the flight path, the compressor-inlet temperature and hence cor-
rected engine speed varied. The variations in compressor efficlency
and air flow with corrected engine speed given in reference 2 and in
appendix C of this report were used to calculate englne performance dur-
ing the flight. The compressor pressure ratio also varied with corrected
engine speed or fllght condition and was computed from the air flow and
turbine-inlet temperature with the essumption that the turbine nozzles
were choked. Detalls of the assumed component behavior are given in
appendix C.

From thls analysls 1t was posslble to determlne the independent
effect on alrplane performance of each of the engine design varisbles.

RESULTS AND DISCUSSION

A detalled discussion of the effect of the independent varisastion
of engine design parameters on the performsnce of both the local and
area defense interceptors designed to combat at a £light Mach number of
1.8 is first presented. Any difference in performance trends with
engine parameters between the 1.8 and 1.35 Mach number design local
defense alrplanes is then shown. The principal discussion centers
around the sirplanes with power plaents mounted in necelles. Small
changes in engine design brought about by submerging the engine in the
fuselage are also discussed. Finally, the effect of simultaneous changes
or improvements in engine design verigbles, that might be antlclpated
for future englnes, 1ls discussed.

Performsnce of Alrplanes Designed for Mach Number of 1.8

Effect of afterburner temperature. - The first power-plant param-
eter investigated was the afterburner temperature. Increasing after-
burner temperature with other engline design varlebles held constant
increases engine thrust per unit frontal srea and at the same time
increases specific fuel consumption. The higher the afterburner tem-
perature the smaller and lighter the englne necessary to supply the
thrust for the airplane combat conditlions. A double advantage is
thus gained as afterburner temperature is increased. The engine be-
comes lighter, which permits carrying more fuel; and the engine becomes
smeller, which reduces drag. The Ilncreased fuel consumption, however,
tends to counteract these advantages.

The effect on the performance of the local defense interceptor of
changing the afterburner tempersture, and hence engine size, ls shown

2523
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quantitatively in flgure 3 where three airplane performance paramsters,
teke-off distance, time required to reach the design point, and combat
time, are plotted ageinst afterburner temperature. The other power-
plant parameters were fixed at the following values:

Compressor pressure ratlo at sea level, zerorem . . . ¢« ¢« ¢« =+ « « . S
Maximum compressor efflclency . ¢ o« « ¢ ¢« ¢ o o o o o o o o« o &« 0.85
Turbine-inlet tempertture, °R e« + « « . . 2000
Engine air-handling capacity, 1b/(sec)(sq £t com-

Pressor £rontal BIe&) .« « « « « + + o o s . o o« 4 s e s e s . 27
Exhaust nozzle . . . . « variable-area convergent without losses

Engine specific weight, lb/sq £t (corresponding
to a speciflic weight at sea level, zero rem of
0.448 1b/1b thrust without afterburning) . . . . . « « . . . . . 650

In all succeeding discusslon, the compressor pressure ratio is given as
the value at sea-level, zero-rem conditions, and the compressor effi-
ciency is given as the maximum value.

The take-off distance and time required to reach design point both
increase as the afterburner temperature is raised, as shown in flgure 3.
The maximum take-off distance shown is 2250 feet and the maximum time
required to reach design point is almost 4 minutes. Both these values
are probebly satisfactory for the type of interceptor mission under con-
slderation, and therefore neither of these performance parameters limits
the aPterburner temperature within the range being considered.

The effect of changing the aefterburner temperature on the take-off
distance and the time required to reach design point, both quantities
involving portions of the flight plan in which the flight Mach number
is less than the design Mach number, can be explalned by examining the
effect of Mach number on the thrust augmentation ratio obtalned from
afterburning. For a glven afterburner temperature the thrust augmenta-
tion ratio increases with increasing Mach number. Further, the rate of
increase of thrust asugmentation ratio with Mach number increases with
elevated afterburner temperature. As a result, if two engines are
capeble of delivering the same thrust at the design Mach number, the
one with the lower afterburner tempersture will have the higher thrust
in the low Mach number region of the flight plan and will give shorter
take-off distance and require less time to reach the design point.

The combat time (fig. 3) increases continuously, but at s decreas-
ing rate, as the afterburner tempersture is raised agove e minimum value
of 2400° R. With an afterburner temperature of 3500 R, sbout 11.1l
minutes of combat time are afforded. Increasing the afterburner tem-
perature an additionsl 500°, or to a value of 4000° R, increases the
combat time only 1.5 mlnutes.
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The combat time, as previously mentioned, is intimately connected
with the gross weight of the eirplane. The airplane under study had &
gross welght of 40,000 pounds and a conmbat time of 11.1 minutes. If a
combat time of only 5 minutes were desired, the gross welght could be
reduced to about 23,000 pounds.

The effect of afterburner temperature on the performance of +the
interceptor when the crulse and lolter provislions are included in the
flight plan 1s shown in figure 4. For these calculations the same val-
ues of engine design varisbles that were used for the local defense
alrplane in figure 3 were specified except that the rated compressor
pressure retio was 7. The trends of take-off distance, time to design,
and cowbat time with afterburner temperature are similar to those for
the local defense interceptor. Both take-off distance and time to
design are, however, greater for the area defense airplane. Take-off
distances up to 3200 feet and times to deslgn as high as 7.5 minutes
are obtained. For this airplane, the time to design is defined as the
time to reach deslign altlitude and flight speed 1f the alrplane follows
the local defense flight plan. The increases in these values over those
for the local defense airplanes are largely due to the reduced power
loading (discussed in the ANALYSIS section) of the area defense air-
plene. A take-off distance of the order of 3000 feet is probably not
excesslve and time to design of 7 to 7.5 minutes, although probably not
acceptable for an airplane involving the defense of a highly localilzed
reglon, is reasonable for an area defense alrplane that involves a
greater radius of action. The combat time, shown in the lower curve of
figure 4, reaches & maximum value at an afterburner temperature between
3800° and 4000° R, A meximum combat time of 6.5 minutes, or about one-
half that for the local defense lnterceptor, mey be obtained for the
areea defense alrplsane. -

In general, & comperlson of flgures 3 and 4 shows that even though
the magnitudes of the airplane performence parameters differ the trends
of performance are simlilar for the two types of airplane and that the
afterburner tempersatures for maximum combat time are sbout the same.

Because the increase in combat time with an increase in afterburner
temperature from 3500° to 4000° R is small, and because the afterburner
cooling problem is greatly intensifled as the gas temperature is in-
creased over the aforementioned range, much of the remaining enalysis
has been computed for an afterburner temperature of 3500° R. This tem-
perature is considered to be & good compromise between the optimum shown
by the analysis and practical consideratiouns.

Effect of compressor pressure ratio and compressor efficiency (local
defense airplane). - lhe effect of compressor pressure ratic and compres-
sor efficlency on the local defense alrplasne performance parameters is
shown 1in figure 5. The varlation of compressor efficlency and corrected
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alr flow with englne speed is assumed, in this analysis, to be inde-
pendent of rated compressor pressure ratio (see figs. 39 and 40). With
a rated pressure ratio of 5, a maximum compressor efficiency of 0.85,
and an afterburner temperature of 3500° R, the take-off distance is

2000 feet, the time required to reach design point is 3.6 minutes, and
the combat time is 11.1 minutes. A decrease in compressor efficlency
decreases the performance of the airplane, with & reduction of 10 points
in meximum compressor efficiency reducing the combat time by gbout 10
percent. These same trends are glso applicable to changes in turbine
efficiency.

All three airplene performance parameters are relatively unaffected
by changes in pressure ratio from 5 to 9. As pressure ratios decrease
below 5, the take-off distance and time to reach design increase while
the combat time decreases only slightly. On the basis of airplane per-
formance alane there is little to choose between compressor pressure
ratios of 5 and 9 for a given specific engine weight.

Effect of engine specific weight (local defense airElane). ~ Engline
welght is extremely important 1ln a high-performance interceptor. This
fact is illustrated in figure 6(a) in which combat time for three dif-
ferent engine welghts per unit of compressor area is plotted against
compressor pressure ratio for a compressor efficlency of 0.85. In an
alrplane in which the gross welght is fixed, additional engine weight
must displace fuel and reduce the combat time. An Increase in engine
weight of 33 percent, from 600 to 800 pounds per square foot of com-
pressor area, reduces the combat time from 12.2 to 8 minutes, or approxi-
mately 35 percent. This change in combat time is ebout three times the
change in conbat time occurring when the pressure ratioc is varied from
3 to 9 at a £ixed engine weight.

In the event that englne specific welght veried with compressor
pressure ratio, this factor would have to be considered in evaluating
the effect of compressor pressure retio on alrplane performance. Such
an evalustion could be made by use of a figure similar to figure 6.

The relstive importance of engine weight and compressor efficiency
can be seen from figure 6(b). If, by a change in compressor design,
the englne welght can be reduced 10 percent without reducing the com-
pressor efficlency more then 0.10, a net gain in combat time can be
realized. Figure 5 has shown thet such a reduction in compressor effi-
ciency does not increase either the tske-off distance or the time to
design to excessive or undesirable wvalues.

Primary combustor and afterburner velocity considerations. - There
are other factors besides airplane performance which should be considered
In the choice of compressor pressure ratio. Burner-inlet velocities are
of great importaence 1f high combustion efficlencies are to be attained.
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The primary-combustor-inlet velocity and the afterburner-inlet velocity
at the design condition are shown in figure 7 as functions of the conm-
pressor pressure ratio for a combustor frontal area 1.38 times the com- -
pressor tip area. Both velocitles decrease as the compressor pressure
ratio is increased. If, for example, it 1s deslred to limit the
combustor-inlet velocity to a value of about 100 feet per second, which
is representstive of some present design practices, & compressor pres-
sure ratlic of about 6 is required for an engine with an alr flow of

27 pounds per second per square foot of compressor area and the glven
ares relations.
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Combustion efficlencies of 0.85 have been measured in afterburners
with inlet velocities up to 500 feet per second (ref. 3). For the
engine considered 1n figure 6, the afterburner-inlet velocity is less
than 500 feet per second for compressor pressure ratios greater than
3.5. Reduction of the compressor efficiency from 0.85 to 0.75 increases
the afterburner velocitles approximestely 60 feet per second, so that a
compressor pressure reatio of approximetely 4.5 is required to reduce
the velocity below 500 feet per second.

Consideration of the veloclty alone at the afterburner inlet may
be misleading. The inlet pressure is also important, and the parameter i
PT/V in some instances has been shown to be pertinent {ref. 4). Both
the inlet total pressure, expressed as the tall-pipe pressure ratio,
end the parameter PT/V are plotted against compressor pressure ratio
1n figure 8. Both functions meximize at compressor pressure ratlos
between 6.5 and 7. Within this range of compressor pressure ratioes the
afterburner combustion efficiency should be a maximum, with other factors,
such as burner length or fuel-alr ratio, belng constent.

The previous discussion has been based on engine and nacelle geom-
etry in which the frontal area of the primary combustor and afterburner
was assumed to be 38 percent lerger than the frontal srea swept by the
compressor blade tips. In order to provide cleasrance for structure,
accessories, and cooling passages, a ratio of nacelle to compressor
frontal area of 1.8 was provided. Of course; the dreag of the nacelle
with these engline proportions is greater than 1t would be if the com-
bustor dlameters could be reduced and englne accessories relocated so
that nacelle diameter could more closely approach compressor diameter.
In order to utilize smaller diameter combustors without lncreasing
inlet velocities, higher combustor-inlet pressures would be required.
These higher pressures could bhe provided only by increasing compressor
pressure retio, The effect of reducing the ratio of combustion-chamber
dlameter to compressor diameter was investigated for both the nacelle
and fuselage cases. It was found that for both cases, at compressor
pressure ratios greater than 5, reducing the ratio of cowmbustion-
chamber dlameter to compressor diameter to a value of 1.0 had a rela- w
tively slight effect on combat time. For compressor pressure ratlos
less than 5, rather large decreases in combat time occurred for the

cunmmEIR,
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case where combustor diameter was equal to compressor dlameter, due to
the occurrence of thermal choking and the necessity for operating at
reduced afterburner temperatures.

Effect of compressor design and engine welght (area defense air-
Elane). - As shown in figure 9 the trends of combat time with pressure
ratio for the ailrplane with the cruise and loilter provisions in the
flight plan are similer to those of the local defense airplane. For
a constant engine welght per unit of frontal ares, combat time is not
sensitive to pressure ratio. Increasing engine welght from 600 to 800
pounds per square foot results 1n & decrease in combat time from 7.5
to 3 minutes or about 57 percent. Engine weight is therefore of great
importance for both the area defense and local defense airplanes. As
shown by the dashed llne in figure 9, compressor efficiency also has a
very large effect on the combat time. A decrease in compressor effi-
ciency from 0.85 to 0.75 resulis in a decrease in maximum combat time
from 12 to 3 minutes or 75 percent for an engine welght of 400 pounds
per square foot. The very large effect of compressor efficiency on the
area defense airplane as compared with the moderate effect on the local
defense alrplane is due to the greater proportion of subsonic f£light and
assoclated sensitivity to specific fuel consumption of the area defense
fighter.

Effect of turbine-inlet temperature. - In a turbojet englne with
a fixed afterburner temperature, the Jet thrust of the engine is a
function of the pressure ratlio across the exhaust nozzle. If the
turbine-inlet temperature is raised, the same compressor work require-
wments will result in a smaller pressure drop across the turblne and a
consequent increese in the thrust output of the engine.

The effect of increased turblne-inlet temperature on alrplane per-
formance was evaluated. All the increased englne thrust calculated
from simple thermodynemic analysis is not avallable, because some losses
are asgsociated with bleeding the compressor-discharge air required to
cool the turbline. The analysis of reference 5 was used as a basis for
the assumption that a S5-percent bleed was requlred for a turbine-inlet
temperature of 3000° R, 2 percent for 2500° R, and no coolirg air for
2000° R. After the air bled from the compressor had been used to cool
the turblne it was returned to the tail pipe. The effect of this com-
pressor alr bleed on power-plant performance is included in the results
presented.

The effect of turblne-inlet temperature is shown in figure 10
wherein the three airplane performance perameters are plotted against
turbine-inlet tempersture for an engine with a compressor pressure ratio
of 5 and an afterburner temperature of 3500° R. If it were possible to
increase the turbine-inlet temperature from 2000° to 3000° R, the take-
off distance would be reduced from 2000 to 1600 feet. The same change
in turbine-inlet temperature would reduce the time to design gbout
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1/4 minute. Combet time (solid line) would be increased almost 18 per-
cent from 11.1l to 13.1 minutes. Thus, it can be seen that increasing
the turblne-inlet temperature affords a means of simultaneously improv- -~
ing all three of the alrplane performance parameters. Most of the

improvement cen be realized by lncreasing the turbline-inlet temperaiure

to 2500° R. For this temperature, the combat time, time to reach design,

and take-off distance are 12.8 minutes, 3.3 minutes, and 1650 feet,
respectively.

In figure 11, the effect of rated compressor pressure retic on com-
bat time of both the long- and short-range alrplanes is shown for sev-
erel engine specific welghts and for a turbine-inlet temperature of
2500° R. An afterburner temperature of 3500° R 1s assumed for all con-
ditions. The performance for the longer-range interceptor is shown 1in
part (&) and for the shorter-range airplane, in part (b). The effect
on coubat time of increasing the turbine-inlet temperature from 2000°
is evident from & comparison of figures 6 and 9 with figure 11. For a
glven engine specific weight, increasing the turbine-inlet temperature
provides somewhat lerger increases in combat time for the long range
interceptor than for the shorter range airplane. Whereas the combat
time, for a given englne specific weight, is virtually unaffected by
changes iIn compressor pressure raetio from 5 to 15 for the short-renge ’
airplane, combat time for the longer-range airplasne, at a constant
engine specific weight of 600 pounds per square foot, is approximately
doubled by lncressing the compressor pressure ratio from 5 to 12.
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In figure 12, combat time 1s shown as a functlon of rated compres-
sor pressure ratio for both the long- and short-range alrplanes. An
afterburner temperature of 3500C R was assumed, and curves are shown
for turbine-inlet temperatures of 2000° and 2500° R. The engline spe-
clfic weight for these calculations was Independent of compressor pres-
sure ratio or turbine-inlet itemperature and was 650 pounds per square
foot. Figure 12 illustrates the rather large gains made possible by
increasing the turbine-inlet temperature. For a compressor pressure
ratio of 12, increasing the turbine-inlet temperature from 2000° to
2500° R increases the combat time for the area defense airplane from
5.5 to 11.2 minutes. The corresponding increase for the local defense
interceptor is from 10.4 to 14 minutes.

At the top of figure 12 are shown afterburner-inlet velocitlies for
turbine-inlet temperatures of 2500° and 2000° R. The engines considered
(having air-flow-handling capsacity of 27 1b/sec/sq ft} heve afterburner-
inlet velocities of less than 500 feet per second for all compressor
pressure ratios greater than 5. The primary-combustor-inlet velocities
are, of course, unaffected by turbine-inlet tempereture, except for the
small decrease brought about by bleedlng cooling sir. Consequently, a
compressor pressure ratio of 6 or higher should provlide both satisfac-
tory primary-combustor-inlet velocities and satisfactory afterburner
velocities for a range of turbine-inlet temperatures up to 2500° R.
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The effect of turbine-inlet temperature on alrplane performence
has been illustrated for an afterburner temperature of 3500° R. Of
course, as turbine-inlet temperature lncreases, afterburner-inlet or
turblne-outlet temperatures also increase. It might be expected, there-
fore, that the optimum afterburner temperature would decrease with
increasing turbine-inlet temperature, and 1t is conceivable that with
very high turbine-inlet temperatures the nonaefterburning engine would
equal the afterburning engine in performance. A study of the effect
of afterburner temperature at turbine-inlet temperatures up to 3000° R
showed, however, that performance without afterburning was inferior to
that with afterburning, and that the best afterburner temperature re-
mained sbout 3500° R if the engine were equipped with a convergent ex-
haust nozzle. As will be shown, the use of a convergent-divergent
nozzle alters the results completely.

Effect of convergent-divergent nozzle. - A large pressure ratio
across the exhasust nozzle is developed by turbojet engines operating
at Mach numbers of 1.8. Exhaust-nozzle pressure ratlios greater than
8 are shown in figure 8 for englnes with compressor pressure ratios
between S and 9. A convergent-dlvergent exhaust nozzle utilizes this
pressure energy more effectively than does & simple convergent nozzle
and thereby produces increased thrust. The enlarged exhaust nozzle
outlet aree also reduces the boattall drag, as indlcated in appendix B.

Some of the effects on the performance of the short-range intercep-
tor of using & continuously varisble convergent-divergent nozzle with-
out losses rather than a convergent nozzle are shown in figure 13,
where the three alrplane performence parameters are plotted against
afterburner temperature. The engine design variables used in these
calculations were compressor pressure ratio, 5; turbine-inlet tempera-
ture, 2000° R; sir flow per unit compressor area, 27 pounds per second
per squere foot; maximum compressor efficiency, 0.85; and specific
engine weight, 650 pounds per squere foot. Because the engine thrust
with a convergent-divergent nozzle is markedly improved over the thrust
with a convergent nozzle at high Mach numbers, smaller engines may be
used. Consequently, a deterioration in low-speed performance occurs.
The teke-off distance is increassed by approximately 300 feet end the
time to reach design point is increased gbout 1 minute by the use of
a convergent-divergent nozzle. The combat time is increased gbout 6
minutes, or approximately 50 percent, for an afterburner temperature
of 3500° R. Because the low-speed performaence of the engine with s
convergent nozzle is good, the penalties put on take-off distance and
time to design by the use of a convergent-divergent nozzle may not be
so important as the increase in combat time.

The thrust produced by an afterburning turbojet engine maximizes,

and the specific fuel consumption minimizes, except for secondary ef-
fects resulting from differences in combustion efficiency between the

R
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primary and afterburner combustors, at that compressor pressure ratio
which provides maximum pressure ratio across the exhaust noczzle. The
variation of thrust and specific fuel consumption with compressor pres-
sure retioc is similar for an engine equipped with elther a convergert-
dlvergent nozzle or a convergent nozzle. The variation of combat time
with compressor pressure ratio for an afterburning engine equipped with
a convergent-dlvergent nozzle will be similar to thet previously shown
in figure 6.

Computations were also made of the performance of the local defense
airplane when equipped with an engine using elevated turbine-inlet tem-
peratures and & convergent-divergent nozzle but no afterburner. The spe-
cific engine weight was assumed to be reduced 16 percent by the elimina-
tion of the afterburner. A comparison of the performance with two non-
afterburning engines and one afterburning engine is shown in the fol-
lowing teble. All englnes used a compressor pressure ratio of 5 and a
compressaor efficiency of 0.85.

Power plant Airplane performance
Turbine-inlet | Afterburner | Take-off | Time to | Combat
temperature | temperature | distance desl time

(°R)} (°R) (£t) (min (min)
2000 3500 2300 4 .55 17.2
2500 82150 1390 2.98 11.4
3000 82580 1460 3.40 17.9

a'No afterburner used.

The foregoing table shows the 3000° R turbine-inlet temperature, non-
afterburning engine to give superior performance as compared with the
2000° R, afterburning engine in all respects when & convergent-divergent
nozzle is used. The low-speed performance of the 2500° R, nonafterburn-
ing englne 1s superior to that of either of the other two engines, but
the combat endurance is less. The 2500° R engines are the largest of
the three englnes. It is of interest that the 3000° R engine is most
economlical of fuel in terms of fuel required per minute of combat.

The three englnes, in order of decreasing turbine-inlet temperature,
burn 755, 862, and 881 pounds of fuel per minute of combat, respectively.

The results Just presented were obtalned with a continuously vari-.
sble nozzle with no losses. The effect of nozzle losses, expressed in
terms of veloclty coefficlent, is shown in figure 14. The engine used
had a compressor pressure ratlo of 5, a compressor efficiency of 0.85,

a turbine-inlet temperature of 2000° R, and an afterburner temperature
of 3500° R. A convergent-divergent nozzle with a velocity coefficient
of 0.92 gives essentially the same combat time as & losse-free convergent
nozzle.

2523
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Because a convergent-divergent exhaust nozzle wlth both throat and
exit areas continuously varlsble may not be mechanically realizsgble, the
local defense alrplane performence was computed for a power plent with
a nozzle having a varlable throat area and a fixed exit area. The per-
formance calculations were repeated for a series of different sized exit
areas. For each of these exit areas there was & flight Mach number in
the tropopause at which expansion of the exhaust gases to ambient pres-
sure was complete. This flight Mach number has been used as the &bscissa
in figure 15. The nozzle throat was continuously varied to meintalin con-
stant rotational speed and turbine-inlet temperature within the engine.

The flow from an engine equipped with a convergent-divergent nozzle
designed to glve complete expansion at a flight Mach number of 1.8 will
be considersably overexpanded st low Mach numbers such as those encountered
in take-off and climb. Severe thrust losses result if the flow expands
according to one-dimensional flow theory, and the static pressure shocks
up to ambient pressure. Airplane performence with an exhesust nozzle in
which the flow follows one-dimensional theory is indicated by the curves
marked "one-dimensional' on figure 15.

The aforementioned curves are of strictly academic value for 1n an
actual convergent-divergent nozzle in which the pressure ratio across
the nozzle and the ratio between the throat and exhaust area are such
that overexpansion exists, the amblent pressure is propagated upstream
through the boundary leyer. The boundary leyer ls thus thickened, the
expansion ratlio 1s effectively reduced, and the Mach number at which
shock occurs 1s also reduced. Convergent-divergent nozzle performance
with pressure ratios less than the design value is given in reference 6.
These data were used in computing the alrplane performance for the curves
marked "actual®” in figure 15.

On that same figure airplane performance wilth a continuously veari-
gble convergent-divergent nozzle is indicated by "X," and performance
with a variable-area convergent nozzle 1is approximated &t an absclssa
value of 0.2.

An examinstion of figure 15 shows thet the performance of the alr-
plane without cruise or lolter provisions equipped with a fixed-exit
convergent-divergent exhaust nozzle is nearly equal to the performence
which would be obtained if e continuocusly variable convergent-divergent
nozzle were used. The take-off distance with a fixed-exhaust-area,
veriaeble-throat, convergent-divergent nozzle designed for complete ex-
pansion at a Mach number of 1.8 1s 2570 feet, 270 feet more than for
a continuously variable convergent-dlvergent nozzle. The corresponding
times to reach deslgn conditions are 5.285 and 4.55 minutes. The combat
time with the fixed-exit nozzle is 17.2 minutes, Just 0.6 minute less
thaen that evallable with .2 contlnuously variable nozzle. The differ-
ence in combat time comes from the fuel saved during climb and accelera-
tion by use of a continuously veriable convergent-divergent nozzle.
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Because the time to reach the deslign point taken from figure 15 for ¥
a fixed-exlit-area nozzle desligned for complete expansion at a flight Mach
number of 1.8 is consldered mdrginal, some compromise in nozzle design
may be in order. If the expansion ratlo is reduced so thet complete
expansion occurs at a flight Mach number of 1.4, the airplane perform-
ance is modifled, as shown in the following tabulation of performance
with a fixed-exit-area, variaeble-throat, convergent-divergent nozzle:

Flight Mach number Teke-off | Time to | Combat el
for complete distance design | time e
expansion (£t) (min) | (min)
1.8 2570 5.25 16.2
1.4 2300 4.7 15.4

This comparison shows that for a sacrifice of about 1 minute of combat
time, 1/2 minute can be saved in reaching the design point.

The preceding dilscussion of the fixed-exhaust area, varisble-throat,
convergent-divergent nozzle has been limlted to the performance of the
local defense alrplane. In the area defense airplane wherein about egual
amounts of fuel are burned in subsonic crulse and in combat, the thrust
losses due to overexpansion become more significant. The effects of
adding divergence to the nozzle and thereby improving the combat per-
formence and penalizing the cruise performence are so balanced that
changing the nozzle from & variasble-area convergent nozzle to a variable-
throat, fixed-exhaust-area, convergent-divergent nozzle designed for
complete expansion at a Msch number of 1.4 has almost no effect on com-
bat time (fig. 16). Because adding divergence to the exhaust nozzle
increases only the take-off distance and time to design, it is concluded
that if nozzle fabrication difficultlies permit only the throet of a
convergent-divergent exhaust nozzle to be varlable, 1t is better to use
a convergent nozzle on the area defense alrplane. Some improvement in
combat time could be realized with a continuously variable convergent-
divergent nozzle.

Effect of air-handling cepacity. - The principal remaining power-
plant design factor investigated is the alr-handling capacity of the
engine. The advantage of increasing air flow and thereby reducing
power-plant welght and necelle drag for & glven thrust is obvious.
Increased burner veloclities and attendent pressure losses, however,
also accompany the lincreased air flow. The presence of favorsgble and
unfavorable effects on performance associated with a change in air-
handling capacity suggests the necessity of compromise and warrants
an lnvestigation of the effect of alr-handling cepacity on airplane
performance. - o : :

Use of a power plant with increased alr-handllng capacity results
in decreased drag. The aerodynamically cleaner alrplane has decreased
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power requirements at high Msch numbers. This decressed drag is more
effective in reducing power requlrements at high flight speeds than at
low, with the result that the low-speed performence of the cleasner air-
plene 1s penalized.

The result is 1llustrated in figure 17 wherein take-off distance,
time to reach the design point, and combat time are plotted asgeinst rated
ailr flow per unit of compressor area for three different engline compressor
pressure ratios. The take-off distance shows & minimum for the two
pressure ratios 5 and 7, while the tlme to reach the design point in-
creases continuously with eir flow for all pressure ratios. For a com-
pressor pressure ratio of 7, the take-off distance increases from 1600
feet at an alr flow of 27 pounds per second per square foot of compressor
area to a value of 2200 feet at an sir flow of 36 pounds per second per
square foot. For this same compressor pressure ratio and over the same
range of air flows, the time to reach design point increases from 3.4
minutes to 4.1 minutes.

These changes in low-speed performance probably do not Jjeopardize
the low-speed performance sufficiently to render it marginal. The
effect of alr-handling capacity on the combat time, however, 1s very
great. For a compressor efficiency of 0.85, increasing the air-handling
capacity from 27 to 36 pounds per second per square foot of compressor
aresa increases the combat time from 11.1 to 17.2 minutes. The combat
time with an engine having an air flow of 22 pounds per second per square
foot 1s one-third the combat time available with an engine which handles
36 pounds of &lr per second per square foot. '

The data presented in figure 17 illustrate the fact that high air-
handling capacity is beneficiel only if compressor efficiency is not
sacrificed. No performance gain can be realized if by increasing the
alr-handling capaclty from 29 to 33 pounds per second per square foot
of compressor area the compressor efficiency is dropped from 0.85 to
0.75.. With the low tompressgor efficiency, thermel choking in the after-
burner occurs as the air-handling capaclty 1s ralsed. With an after-
burner temperature of 3500° R, thermal choking occurs at air flows be-
tween 30 and 32 pounds per second per square foot over a range of com-
pressor pressure ratlos from 3 to 7 with an efficiency of 0.75. Were
the air flow to be increased to 36 pounds per second per square foot,
the afterburner temperatures at which chokling occurred would be reduced
to between 2400° and 2700° R. With a compressor efflciency of 0.85,
thermal choking occurs below & compressor pressure ratio of 3, at en
afterburner temperature of 3500° R, and an air flow of 32 pounds per
second per square foot.

As shown in figure 18, afterburner- end primsry-combustor-inlet

veloclties are proportional to air-handling capacity. If, for example,
it is necessary to keep the afterburner velocity below 500 feet per
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second with = compressor pressure ratio of 5, the maximum permissible
air flow is 30.5 pounds per second per squere foot. The resulting com-
bat time 1s 14.4 minutes. Use of a compressor pressure ratio of 7 per-
mits air flows as high as 33 pounds per second per square foot before an
afterburner velocity of 500 feet per second 1s exceeded. The corre-
sponding combat time has increased to 16.8 minutes. Primary-combustor-
inlet veloclties of about 115 feet per second result.

The foregoing discussion has centered around the parameter rated
air flow per unit of compressor area. The rather arbltrary choice of
this parameter for describing alr-handling capacity 1ls permlssible in
a power plant and nacelle deelgn in which the geometry 1is fixed. One
of the causes for the decreasing slopes of the curves of combat time
against alr flow with increasing alr-handling capacity in figure 17 is
the pressure losses asgociated with high alr flows in the afterburner.
These losses and the afterburner velocity shown in figure 18 are dlrect
functions of the afterburner area. Essentially, then, the primary con-
cern in a consideration of the air-handling capacity is the air flow
per unit of primary combustor and afterburner aress. In thls fixed-
geometry analysls, alr flow per unlt of compressor area can be converted
directly to alr flow per unit of afterburner area. An alr flow capacity
of 30 pounds per second per square foot of compressor aresa is equivalent
to 21.7 pounds per second per square foot of afterburner aresa.

Effect of submerged or fuselage engine installation. - The combined
friction and pressure drags of alrplanes with engines Iln nacelles are
greater than for airplanes with engines submerged in the fuselage. As
a result, for a given volume of power plant, pay load, and fuel, the
1lift-drag ratios of the airplanes with fuselage engine Installetions
are greater than for the nacelle type. In additlon, the space svallable
for the afterburner in the aft portion of the fuselage permits the use
of an afterburner diemeter which i1s larger (resulting in lower pressure
losses) relative to the compressor diameter than in the nacelle case.

In this analysis the afterburner flow area was assumed to be 8 percent
greater for the fuselage installatlion than for the nacelle installsastion.

The principal effects, therefore, of submerging the engines in the
fuselage on the optimum engine design and on the alrplane performance
ere the effects of higher alrplane lift-drag ratios and reduced after-
burner pressure losses. Although an exact evaluation of the megnitude
of increase 1n lift-drag ratio is difficult to make, it 1s belleved that

the methods of analysis given in appendixes B, C, and D yield sufficiently

accurate results to demonstrate the significant trends.

The comparison between the local defense sirplane performsnce with
fuselage and nacelle engine installations is given in figure 19. Take-
off distance, tlme to reach the design point, and combat time are
plotted against the compressor pressure ratlo for an engine having a
turbine-inlet temperature of 2000° R and an afterburner temperature of

2523
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3500° R, The take-off distance and time to design sre affected only
slightly by the type of engine installation and the coumbat time 1s about
20 percent greater for the fuselage installation. The curves show, how-
ever, that the optimum compressor pressure ratio is unchanged. Fig-

ure 19 shows performsnce with & constant specific engine weight. The
increase in efterburner flow area of 8 percent for the fuselage instal-
lation results in s corresponding decrease ln afterburner-inliet veloc-
ities. At a compressor pressure retlio of 4 the afterburner-inlet veloc-
ity is less than 500 feet per second.

The effect of efterburner temperature on the alrplane performance
for fuselage and nacelle installations is shown In figure 20. The trends
are similar in both cases but the combat time optimlzes at a slightly
lower value of afterburner temperature for the fuselage installation.

A similar result is shown in figure 21 in which the effects of air-
handling capacity are compared for the two types of installation. In
the fuselage installation the gains in performance for increases in
air-handling cepacity are somewhat less than those for the nacelle
installation.

These results all indicate that, although the combat time capabil-
ities of the airplane with a fuselage installed engine are superior to
those of the alrplane wilth & nacelle installation, the optimum engine
design 1s 1little affected. 1In addition, consideretion must also be
given to the size of the engine involved. Inasmuch as two englnes are
used in the nacelle installation and only one in the fuselage installa-
tion, an englne of approximately twice the slize of the nacelle engines
is required Por the fuselage ingtallation for the same gross-welght air-
planes. In order to execute & Z2g maneuver at an altitude of 50,000 feet
and & flight Mach number of 1.8, a 40,000-pound gross-welght airplane
requires en unaugmented thrust of approximately 25,000 pounds at teke-
off.

Effect of Combat Mach Number

In order to illustrate the effect of design flight speed on optimum
turbojet power-plant design, portions of the analysis previously des-
cribed for the local defense airplene with a design flight Mach number
of 1.8 were repeated for a design flight Mach number of 1.35. Decreas-
ing the design flight Mach number resulted in a substantiel decrease in
power-plant size; the required sea-level, zero Mach number unaugmented
thrust output decreased from 25,000 pounds for the 1.8 Mach number inter-
ceptor to 18,000 pounds for the interceptor designed for a flight Mach
number of 1.35.

The relative performance of the short-renge interceptor aircraft
designed for flight Mach numbers of 1.35 and 1.8, respectively, can be
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seen by comparison of figures 3 and 22. For aircraft powered by engines
heving an afterburner-outlet temperature of 3500° R, the two airplanes
have approximately equal take-aoff distances. Because of the lower
thrust requirements of the 1.35 Mach number design =irplane, 5.5 minutes
are requlred to reach the design condition as compared with 3.6 minutes
for the 1.8 Mach number design alrplane. For an engine specific weight
of 600 pounds per square foot of compressor area, the combet time for
the lower-speed alrplane is 27.7 minutes as compared with 12.2 minutes
for the higher-speed alrplane. The increased combat time is due partly
to the decreased fuel consumption at the lower design Mach number and
partly to the increased fuel weight carried in the 40,000-pound alrplane

at the lower design Mach number. The fuel welght increases for the lower

design speed because the engine size and welght are reduced, as pre-
viously discussed.

Effect of afterburner temperature. - The effect of afterburner tem-
perature on take-off distance, time to reach design condition, and com-
bat time is shown in figure 22. In general, the effects are similar to
those presented 1n figure 3 for the 1.8 Mach number design alrplane.

For an engine specific welght of 600 pounds per square foot of compressor
area, the combat time for the 1.35 Mach number design reaches a maximum
at an afterburner temperature of about 3700° R, although combat time is
relatively insensitive to afterburner temperature in the range from
3300° to 4000° R.

. Effect of engine specific weight. - The effect of engine specific
welght on combat time is also shown in figure 22, where combat time 1s
shown a&s a function of afterburner temperature for engine specific
welghts of 400, 600, end 800 pounds per square foot of compressor area.
Time to reach the design condition and teke-off distance are unaffected
by chenges in engine specific welght, lnssmuch as increases or decreases
in engine welght merely increase or decrease the avallable fuel load
without affecting the engine power requirements. For the basic engine
configuration with an afterburner temperature of 3500° R, increasing
the engine specific welght from 600 to 800 pounds per square foot of
compressor area, or 33 percent, decreases the combat time from 27.7 to
21.3 wminutes, a decrease of sbout 23 percent. For the 1.8 Mach number
deslgn, with the same engine configuration, a similar increase in
engine specific welght produced a reduction in combat time of 33 per-
cent. The somewhat reduced effect of engine specific weight at the
lower flight Mach number is a result of the decreased engine size; be-
cause the engine weight 1s a smaller percentage of the gross welght, a
glven change 1n engine specific weight has less effect on combet time.

Effect of compressor pressure ratio and cowpressor efficlency. -
The previously discussed effects of afterburner temperature and engine
specific weight have been based on an englne having a rated compressor
pressure ratio of 5 and a compressor efficiency of 0.85. In figure 23,
the take-off distance, time to reach design condition, and combat time
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are each shown as a function of rated engine compressor pressure ratio
for compressor efficiencies of 0.85 and 0.75 and several engine specific
weights. A turbine-inlet temperature of 2000° R, an afterburner tem-
perature of 3500° R, and an air-handling capacity of 27 pounds per sec-
ond per square foot of compressor frontal area have been assumed. The
time to reach deslign and the take-off distance both decrease somewhat

as the compressor pressure ratio is incressed for s compressor efficlency
of 0.85. For a compressor efficiency of 0.75, both the time to reach
design and the take-off distence are increased over corresponding val~
ues for the 0.85 efficiency case for all rated compressor pressure ratios.

Decreasing the meximum compressor efficiency from 0.85 to 0.75 re-
duces the combat time by 4 and 7 minutes at rated compressor pressure
ratios of 3 and 9, respectively. For the airplane designed for a Mach
number of 1.8 the effect of compressor efficiency 1s considerebly less.
A decrease in compressor efflclency from 0.85 to 0.75 reduces the com-
bat time 1 and 2.5 minutes at rated compressor pressure ratios of 3 and
9, respectively. For a constant englne specific welght, the combat time
is relatively insensitive to rated compressor pressure ratio in the
range from S5 to 9.

Effect of other engine design variables for 1.35 deslgn Mach num-
ber. - Portions of the analysis for the 1.8 Mach number design were also
repeated for the 1.35 Mach number design to determine the effects of
turbine-inlet temperature and air-handling capacity. Although these
results are not shown herein the general trends for both design Mach
numbers were similer. Apprecieble gains in combat time may be realized
for the 1.35 Mach number design airplane by increasing both alr-handling
cepacity and turbine-inlet temperature. It is of interest to note that
for the 1.35 combat Mach number, the engine with a turbine-inlet tem-
perature of 3000° R and no afterburning has at least equivalent perform-
ance to the engine with optimum afterburning temperature, regardless
of the type of exhaust nozzle used.

The optimum englnes for the 1.35 Mach number interceptor without
cruise or loiter provisions are, in general, similar to those for the
1.8 Mach number airplane. Although an anslysis of the effect of combet
Mach number on the desirable engine characteristics for the interceptor
including cruise and loiter provisions in the flight plan has not been
made, it would be expected that an equel degree of congrulty would
exist.

Effects of Simultaneous Varlations in Design Variables
The results discussed in the foregolng sections have indicated the
effects on airplene performasnce of independently varylng the different

engline design variebles in an effort to lndicate the most desirable
engine for application to a supersonic interceptor-type alrplane using
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currently available components. In the succeeding sections, the effects
on airplane performance of simultaneously varyling several englne design
variables will be discussed in an effort to indicate the most desirable
design characteristics to be incorporated in future engines for super-
sonlic interceptor application.

Effect of turblne-inlet temperature. - The effect of turbine-inlet
temperature on the optimum afterburner temperature for both the short-
and long-range interceptors with nacelle-mounted engines is shown in

figure 24. The engines considered have c¢ontinuously variaeble convergent-

divergent exhaust nozzles, an aslr-handling capacity of 33 pounds per
second per square foot, a peak compressor efficlency of 0.85, and a
compressor pressure ratio of 7. Llines are shown for the combat time
avallable with engines having afterburner-ocutlet temperatures of 3500° R
and those having no afterburner. The eliminatlon of the afterburner
has been assumed to reduce the engine welght 16 percent. As shown by
the upper lines, the afterburner 1ls necessary to provide optimum counbat
time for the locel defense airplanes for turbine-inlet temperatures
less then 2750° R. With a turbine-inlet temperature of 2500° R and an
afterburner -temperature of 3500° R, the combet time is 25.9 minutes.
Eliminating the afterburner and increasing the turbine-inlet tempera-
ture to 3000° R results in a combat time of 28.0.minutes.

For the longer-range alrplanes the intersection of the afterburning
and nonafterburning curves occurs at a lower turbine-inlet tempereture.
The combat time for this alrplane without afterburning 1s greater than
the combat time wlth afterburning for all turbine-inlet temperatures
higher than 2400° R.

The results of fligure 24 demonstrate that engines having advanced
components mey not require afterburners for any application within the
range covered by the assumed flight plans if the turbine-inlet tempera-
tures are 2500° R or higher; however, the inclusion of an afterburner
mey still be desireble as an augmentation method to allow short perilods
of Increased performance. In order to define completely the deslrable
components of these advanced engines, an examination of the effects of
compressor pressure ratlo is required.

Effect of compressor pressure ratio. - Figures 25 and 26 illustrate
the effects of compressor pressure ratioc on the performance of the
short- and long-renge interceptors, respectively, for the advanced
englnes of figure 24. The turbine-inlet temperature is 2500° R and no
afterburning is used. As discussed previously, the attainment of
satisfactory velocities into the primary combustors of thls high sir
flow engine would probebly regquire compressor pressure ratios of at
least 7 or 8. For an engine specific weight of 600 pounds per square
foot, the longer-range interceptor (fig. 26) has a maximum conwbat time
of about 20 minutes at a compressor pressure ratio of 12.
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Effect of gross weight. - As shown in figures 25 and 26, combat
times of over 20 minutes for the local. defense airplane and over 17 min-
utes for the area defense airplane are possible for the assumed initial
gross weight of 40,000 pounds if these advanced englnes are used. These
combet times are considerably '‘greater than the combat time required for
a normal fighter or interceptor mission. If combat time is reduced,
alrplane gross welght mey be reduced, as shown in figure 27. Combat
time is plotted against initial gross welght for both types of inter-
ceptor mission. The engines considered 1n these calculatlons are the
advanced engines wilth air-handling capacity of 33, peak compressor effi-
ciency of 0.85, continuously variable convergent-divergent exhaust noz-
zles, compressor pressure ratio of 7, and turbine-inlet temperature of
2500° R. Although an afterburner temperature of 3500° R was used,
approximately the same results would be obtained if no afterburner were
used. The gross welght of the local defense alrplane may be reduced to
about 11,000 pounds 1f combat time is reduced to 5 minutes, and the
gross welght of the arees defense airplane may be reduced to about 20,000
pounds for a reduction in combat time to 5 minutes. It is of interest
that at these low gross welghts, at which combat time is relatively
sensitive to gross welght, a difference in combat time of 1 minute or
gbout 20 percent results in a difference in gross weight of about S
percent.

In view of the large dlfference in gross weight between the origi-
nally assumed value of 40,000 pounds and the gross weights required for
5 minutes of combat time 1if advanced englines are used, some of the cal-
culetions of the effect of engine design varigbles on alrplane perform-
ance have been repeated for a reduced gross weight in order to demon-
strate the validity of the performance trends established for the higher
gross welghts. The results of these calculations for an initial gross
weight of 13,000 pounds are shown in figures 28 and 29.

In figure 28 combat time for the short-range interceptor is plotted
against afterburner temperature and lines are shown for initial gross
welghts of 40,000 and 13,000 pounds. The engine considered had an air-
handling capacity of 33 pounds per second per square foot of compressor
frontal area, a turbine-inlet temperature of 2500° R, a peak compressor
efficiency of 0.85, a compressor pressure ratio of 7, and a continuously
variable convergent-divergent exhesust nozzle. The slope of the curve
for 13,000 pounds gross welght is greater than the slope of the curwe
for the higher gross weight. The difference 1n slope is due to the
relatively greater effect of englne welght on performance of the light-
welght airplane. For the lower gross weight, The engine weight is a
greater proportion of the total welght; hence a given percentage change
in engine weight has a proportionately larger effect on performence.

For both gross welghts, however, nearly optimum performance is obtained
at an afterburner temperature of 3500° R. Thus the essential trends of
airplane performance with afterburner temperature are not altered
egppreciably by changes in gross weight.
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The performance of both the light and heavy alrplanes with nonafter-
burning engines is shown by the circled points. The nonafterburning
engine, because of its lower thrust output, is, of course, heavier than -
the engine with a 3500° R afterburner temperature. Englne weight effects
are therefore accentuated for the nonefterburning engine and become of
greater importance as gross weight is decreased. With the 2500° R
turbine-inlet temperature assumed, the reduction in comwbst tlme 1f an
afterburner is not used (as indicated by the point labeled A) is less
than 15 percent for an initial gross weight of 40,000 pounds, as pre-
viously shown in figure 24. At the gross weight of 13,000 pounds, how-
ever, a reduction in combat time (point B) of over 60 percent must be
taken if an afterburner is not used. The turblne-inlet temperature for
equeal combat time with and without afterburning for the local defense
interceptor would probably not change appreciably, however, from the
value given in figure 24. These effects, although not negliglble, do
not invalidate the general trends and results previously presented for
a fixed 40,000-pound initial gross weight.

2523

The effect of coumpressor pressure ratio on combat time for the short-
range interceptor with initial gross welghts of 40,000 and 13,000 pounds
is shown in figure 29. In these curves engine weight 1s constant at a
value of 650 pounds per square foot of compressor tilp area, and the .
englne design varisbles are the seme as those for figure 30. An after-
burner temperature of 3500° R was assumed. In general, the trends are
the same for both gross welghts.

The resulte of figures 28 and 29 show that the general airplane
performance trends with changes in engine design for a wide range of
alrplane gross weights are similsr, although the effects of engine weight
are accentuated.

SUMMARY OF RESULTS AND CONCLUSIONS

An anelysis has been made to determine the effects of turbojet
design and operating variables on the performance of high altitude
supersonlc interceptor or flghter airplanes. This analysis indicates
that engine welght 1s one of the most lmportant parameters in the
selection of the lnterceptor power plant. Engine component efficiencies
within the range of variatlon encourntered in current engine desligns
are less lmportent than engine weight. The other engine design vari-
ables, such as compressor pressure ratio, turbine-inlet temperature,
afterburner tempersture, asnd alr-handling capacity, interasct in a com-
plicated manner, and individual optimum values of design variables
may not be selected unless all other design parameters are specified.
For example, any cheange in an engine parameter, such s turblne-inlet
temperature or alr-handling capacity, that results in a lighter engine .
for the same thrust output reduces the optimum afterburner temperature.
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Due consideration must also be given to the effect of changes in engine
design verisgbles on the operating conditions of the components, such as
the velocity and pressure at the inlet of the primary combustor and the
efterburner.

Currently avallable components are, in general, limited to turbine-
inlet temperstures of 2000° to 2200° R, alr flows of 27 to 30 pounds per
second per square foot of compressor frontal aresa, and a maximum com-
pressor efficiency of 0.85. For engines having these compdnent limi-
tations, an afterburner temperature of 3500° R is most desirable for
both the short- and long-range interception missions.

Advancements in engine design that would make realizable the use
of a continuously variable convergent-divergent exhsust nozzle will re-
sult in a large increase in combat time at some expense of low-speed
performance.

Increasing the turbine-inlet temperature affords a means of lmprov-
ing the performance of both the local defense and area defense airplanes
in 211 phases investigated. The best afterburner temperature is 3500° R
for both airplanes 1f a convergent nozzle is used.

If air-handling capacity is increased to 33 pounds per second per
square foot of compressor tip area, a compressor pressure ratio of at
least 7 is probgbly required to obtain satisfactory primary-combustor-
inlet velocities.

The use of a high turbine-inlet tempersture in connection with in-
creased air-handling capacity and a convergent-divergent exhaust nozzle
may provide optimum airplane performence without an afterburner. If
the turbine-inlet temperature is increased to gbout 2500° R for the
long-range interceptor and to ebout 2750° R for the short-range inter-
ceptor, the same combat time is8 obtained with or without afterburning.
Further increases in turbine-inlet temperature mske the performance
without afterburning superior to the performance with afterburning.

For the assumption used in this analysis, that the off-design per-
formance of the compressor and the engine welght are independent of rated
compressor pressure ratlo, the effect of compressor pressure ratio on
alrplane performance was secondsery in comparison with the effects of
engine specific weight and specific alr flow.

The short-range interceptor with the advanced engines would have
a combat time of about 5 minutes for an initial gross weight of 11,000
pounds. -The longer-range interceptor with the same engines would have
5 minutes comwbat time for an inlitial gross weight of &bout 20,000
pounds. T :
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The general trends and results of the analysis of the effect of
engine design variables on ailrplene performance are substantially inde-
pendent of alrplane 1nitial gross welght; the princlipal exception is
that the effects of engine welght are somewhat accentuated for lower
initial gross weights.

For the short-range interceptor, improvements in performence spprosasch-
ing that obtainable with a convergent-dlvergent exheust nozzle having
both varlieble throet and expanslon ratio may be obtalned with a fixed-
exhaust-area, varisble-throst nozzle. In the longer-range interceptor,
however, the large losses in nozzle efficiency during subsonlic flight
if a fixed-ares convergent-divergent exhaust nozzle is used penalize
the performance to the degree that no beneflt may be obtained by using
a convergent-divergent exhaust nozzle unless it has both variaeble throat
and expansion ratio. : :

Installetion of the engines in elther nacelles or fuseleges results
in approximately the same optimum engine designs. The values of engline
design varlables which provide maximum combat time for the 1.35 Mach
number airplane are similar to those for the engine in the 1.8 Mach
number airplane.

Levwis Flight Propulsion Leborstory
National Advisory Committee for Aeronautics
Cleveland, Ohio, September 16, 1853
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The following symbols are used in this report:

>

w

c,c?
D
e
F

K’KI,KI l,Kl 1 I,

Ky,Kp

=z n oe B oo

=

Subscripts:
a
b

bt

area

agspect ratio

constant in expression for fuselage frontal area,

13.3 sq £t

APPENDTX A

SYMBOLS

aerodynamic coefficients

drag

wing efficiency

net thrust

constants

1ift

Mach number

dynamlc pressure

wetted ares

alr flow

airplane gross welght at beginning of combat

additive
fuselege
boattail

compressor
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cp

cowl pressure

drag

friction

inlet

Jet

1ift

nacelle
maneuverability factor
wing

zero 1ift

NACA RM E52F17
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APPENDIX B
AERODYNAMTC ASSUMPTIONS

The following assumptions were made in regaerd to the geometry, drag,
end 1ift of the component parts of the airplanes used in the analysis.

Fuselage for Airplane with Engines in Nacelles

The fuselage for the airplane with the engines in the nacelles was
assumed to be a low-drag body with a& fineness ratio of 12 and a maximum
frontal area of 13.3 square feet. The pressure drag coefficient was
computed for a Hasack body by means of equation (14) in reference 7.
This drag coefficlient was assumed valid at a flight Mach number of 1.5,
end was assumed to vary inversely with the square root of the Mach num-
ber (ref. 8) for Mach numbers greater than approximately l.l. The
pressure drag was assumed to reach zero at a Mach number of 0.95. The
assumed variation of pressure drag wlth Mach number is shown 1in figure
30. The friction drag coefflcient was computed from equation (9&) in
reference 9. The Reynolds number was computed for an gverage altitude
of 35,000 feet and a length of 36 feet and varied with Mach number.

The variation of frictlion drag coefficient based on wetted area is
shown in figure 31. The total drag coefficient for the fuselage based
on frontal area is shown in figure 32.

Nacelles

The nacelles were assumed, for ease in drag calculations, to con-
sist of three sections with an over-all fineness ratio of 9. The
forebody had a fineness ratio of 3. The center section was cylindrical
in shape with & fineness ratio of 3. The aft section had a similar
fineness ratio and was of uniform diameter except for a 7.03° boattail
which reduced the Jet area to the required size.

Cowl pressure drag. - The cowl pressure drag at any Mach number
was assumed to vary linearly with the inlet area ratio; that 1is, the
ratio between the cross-sectional area at the lip of the diffuser and
the maximum frontal area. The cowl pressure drag coefficlent, based on
meximum frontal area, for a Mach number of 1.8 is shown in figure 33 as
a function of inlet area ratlio. The drag coefficient is zero at an
area ratio of unity. Experimental data points for cowl pressure drag
taken from references 10 to 12 are shown on figure 33. Because spillage
at the inlet was always behind an oblique shock and because mass-flow
ratios exceeded 0.85, the small varlation of cowl pressure drag coef-
ficient with mass-flow ratio was neglected. Varistlon of cowl pressure
drag coefficient with Mach number is as shown in figure 30.
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Boattail drag. - Experimental pressure coefficients on a boattell
at a Mach number of 1.91 were taken from figure 9(b) of reference 13.
Average values of the pressure coefficients were integrated to give the
drag coefficient, based on frontal ares (shown in fig. 34), as a function
of the boattell area ratio. The variation of boattall pressure drag
coefficient with Mach number is the same as that of cowl pressure drag
coefficient with Mach number.

Friction drag. - The friction drag coefficlent, based on wetted
ares, was the same &8 for the fuselage in the nacelle airplane (fig. 31).
This coefficient was multiplied by the ratio of the wetted area to the
frontal area to give the drag coefficlent based on frontal area.

Fuselage for Airplane with Engine Submerged

The fuselage for the submerged-engine airplene was considerably
larger than the fuselage required for the airplane with engines mounted
in nacelles. Although the absclute magnitude of fuselage frontal area
is & principsl factor in determining alrplane drag and hence the absolute
level of airplene pérformence, it was reasoned that in this case, in
which the trends or variatlions in airplane performance ylth engine size
were of greatest importance, to establish a valld variation of fuselage
frontal area with engine frontal aree wes & primary requirement. Because
very little data on the drags of the component parts of fuselages with
scoop-type inlets were available, a brief study of Tuselages with nose-
type inlets was undertaken. Layouts of several fuselage arrangements
vere made with the specification that the air velocity in the engine
inlet duects passing the pilot should be reasonable. It was found that
the variation in fuselage frontal area with compressor frontal ares ~
could be closely approximated by the relation

Ap = 13.3 + A, (B1)

This relation is limited . in application to the range of engine and
airplane sizes covered herein. If engine size becomes very small or.
very large relative to the alrplane size, a linear variation is no
longer valid. :

For ease in calculating the drag of the fuselage, it was assumed
to be made up of three sections - an open-nose cowl with a fineness Fatio
of 3, a center section of constant diameter and’ flneness ratio of 6, aend
an aft section of constant diameter with a 7. 030 boattail of length
sufficient to reduce the exit area to 1ts requlred value, the fineneds
ratio of the aft section was 3. Pressure and friction drags were coi-
puted from figures 31, 33, and 34 as for “the nacelle.

Checks of the drag calculations with the drag coefficients of alr-
plane fuselages available in the literature indicated a very close i
agreement.
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Wing for 1.8 Mach Number Airplane

The 1.8 Mach number airplsne had a straight, tapered wing of modi-
fied hexsgonal section. It had an aspect ratio of 3, a taper ratio of
0.4, and a thickness-chord ratio of 0.045. Interference effects betwden
wing and fuselage were consldered by assuming the effective area of the
wing to extend to the fuselage center line. In computing the pressure
drag and friction drag of the wing and tail, the combined ares was taken
as 1.2 times the wing ares. The drag coefficient of the wing at zero
1ift CD,O,W was taken from figure 5 of reference 14.

The totgl drag coefficient for the wing and tail was then computed
from

Cp,w = 1-2 Cp o,w *+ Cp,L, (B2)
where
2
2 1/4
2
Cp,1, = Cr, (B3a)

in the supersonic region, and

c. 2
- _.._L_ (B3b)

°p,L = TiRe

in the subsonic region. The wing efficiency e was assumed to be 0.93

for M > 1.1, and 7 for M< 0.95. The assumed drag at zero 1lift and

drag due to 1lift as functions of Mach number are shown in figures 35

and 36, respectively.

Wing for 1.35 Mach number Airplanes

A tapered wing, swept 60o at the midchord and with a 5 percent thick
double-wedge sectlon, was used on the 1.35 Mach number airplane. The
wing had an aspect ratio of 3.5. The tall area was assumed to be 0.20
of the wing area. The pressure drag for wind and tail at zero 1lift was
taken from figure 2 of reference 7. A constant friction coefficient of
0.003 was assumed for the range of Mach number considered. The drag
due to 1lift was taken from figure 7 of reference 15 and figure 12 of
reference 16. The variation in the drag due to 1ift with 1lift coeffi-
cient was approximated by the analyticel expression

Cp,1 = K'C? + K"Cp, + K™ (B4)

vhere K', K", and K" are functions of flight Mach number and wing
plan form and were evaluated empirically.
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APPENDIX C

POWER-PLANT ASSUMPTIONS

The power-plant performance at rated engine speed was computed in
terms of thrust per unit alr flow and specific fuel consumption over a
range of flight Mach number from O te 2.0. Assumptions on component
behavior were as follows.

Diffuser

A spike diffuser was used on a8ll engines. The inlet area was
chosen to glve a mass-flow ratio of unity at the design point. For
Mach numbers and altitudes other than design the splke was adjusted
to give minimum additive drag (ref. 17). Under these assumptions the
additive drag coefflcient based on inlet area as a function of flight
Mech number was as shown in figure 37.

The supersonic pressure recovery for the diffuser was calculated
assuming the oblique shock and the normal shock to stand at the lip of
the diffuser. A subsonlc pressure recovery of 0.95 was assumed. The
total-pressure recovery for the diffuser is shown In figure 38. The
pressure recovery was assumed to be the same for both nacelle and fuse-
lage engine installations.

Compressor

Conslderation is given to the off-design performance of the com~
pressor. The pressure ratio quoted in the text or used on the figures
is the design pressure ratio, or the pressure ratio at rated speed,
standard sea-level conditions and zero flight Mach number. The
compressor-outlet pressure was computed from the engline gas flow and
turbine-iniet temperature with the assumption of a choked turbine
nozzle. Engines having design pressure ratlios from 3 to 15 were
considered.

The alr flow expressed in terms of rated air flow, that is, the
air flow at rated speed, zero Mach nuwber at sea level, is shown as a
function of generalized engine speed in figure 39. Two maximum
compressor efficiencies, 0.85 and 0.75, were used in the analysis.
Changes 1n compressor efficiency with engine speed are shown in figure
40 expressed in terms of the ratioc of compressor efficiency to maximum
efficlency and the ratio of generalized engine speed toc the generalized
engine speed at which maximum efficiency occurred (ref. 2). Peak
efficiency was assumed at 0.80 rated generalized engine speed.

2523
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Primary Combustor

Combustion efficiency was assumed constant at 0.85. The total-
pressure loss across the combustor was 0.05. Heating value of the fuel
was 18,700 Btu per pound. The fuel consumption was computed from the .
fuel-air ratio charts of reference 18.

Turbine

Because operation of the engine was always considered at rated
engine speed, the turbine nozzle was assumed to be always choked.
Turbine efficiency was constant at 0.85.

Afterburner

Both friction and momentum pressure losses were computed for the
afterburner. The frictlon drop was equal to twice the dynamic pressure
at the inlet to the afterburner. The momentum pressure drop was based
on the inlet Mach number and the temperature ratioc across the afterburner.
Combustion efficlency in the afterburner was 0.85.

Exhaust Nozzle

Exhsust nozzles of both the convergent and convergent-divergent
type were used. The minimum area was determined to provide rated engine
speed and turbine-inlet temperature, irrespective of the amount of after-
burning employed. The exlt area of the convergent-divergent nozzle was
corrected to provide complete expansion down to ambient pressure, except
in those instances where a nozzle of fixed exit area was used. A range
of velocity coefficient from 0.9 to 1.0 was employed in the analysis.

Fuel System

The fuel tank weight was assumed to be 10 percent of the weight of
fuel on board at take-off.
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MATCHING OF POWER PLANT AND AIRPIANE

The problem of matching power plant and airplane wing size arises
from the interdependence of power plant and alrplane. The thrust
required is determined by the airplane drag, but this drag is depend-
ent in pert on the drag of the power-plant housing, which, of couree,
1s a function of the power-plant size. It therefore is desirable to
secure a set of anaslytical relatlons between power plant and airplane
parameters which ylelds a solution to power-plant slze and airplane
drag. This procedure is outlined In this appendix.

Short-Range Interceptor with Power Plant in Nacelles
1.8 Mach number design. - Three fundamental relations were used as

s starting point. The firet of these related the airplane drag to the
drag at zero 1ift end the drag due to 1ift.

2
CD = CD,O + KCL (Dl)

where K is a function of the wing plan and KC;2 ie identical to
Cp,r, in equation (B3). The second of these was the relation between
drag coefficient, 1ift coeffilcient, and lift-drag ratio.

Cr

CD = 7—L D R . . (Dz)
The third expressed the assumption that the 1ift-drag ratio at the

design Mach number and asltitude are the same when the sirplane ieg in
level flight and in a 2g turn.

<%)r=l B (%)r=2 (D3)

Simultaneous solution of the three foregolng equations resulted in
solutions for C; 1in level flight and L/D in terms of CD,O and K

only.
1,% 0
oL = M= (D4)
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_EN’_Z_
~ 3 \{ KCp,0 (o5)

(The 1lift-drag ratio as determined by eq. (D5} was within 6 percent of
the maximum 1ift-drag ratio.) Determination of CD,O would result in

a complete solutlon for 1ift coefficient and 1ift-drag ratio.

and

ot

The drag coefficient at zero 1ift was written as

Ay Ap
Cp,0 =1-2Cp,o,w * . Cp,p + A, Cp,n (ps)

in which the fuselage-wing and nacelle-wing areas ratios are unknown.
But

An F/Ay
By T WolE X E/W, (o)
and
Ao = (p8)

Because the thrust required for a 2g turn must be twice that in level
flight, the maximum thrust requirement for the engine was given by

x, = TT/D)Ey (9)

Substituting equations (D8), (D4), and {D5) into equation (D9) and the
resulting equation into equation (D7) resulted in

An _ 3qCp,0

" (@)

An/\Wg

where Wa/An and F/Wg are known parasmeters of the power plant under
consideration.

(p10)
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From equations (D8) and (D4) the ratio of fuselage to wing sreas

was written as
A C
Ay 9y [Cp,o (D11)
A, Wg 2K

When equaetions (D10) end (D11) were substituted into equation (D6)
the result was the equation in CD,O and known power-plant parameters

which was solved for CD,O:

f 2 2
ah,C ahy,C 3qC
MCp, b . vD,bY | 4 g ¢, 0,u(L - —= D,n
/2K W, A Vg a T
4 e
7 —
ol - 22X
Ap Wy
\

In this equation all terms are constant for a glven flight condition

c
except the perameter ——Eﬁg and the gross weight. The solution to
F Ya
Ve Bn
the equation 1s presented grephlcally in figure 41. The zero-1lift
drag is insensitive to small variastions in gross weight.

With the determination of Cp,p the complete alrplane configu-

ration was cobtalned from the foregolng equations, and enough was known
to determine the sirplane drag at any Mach number.

1.35 Mach number design. - A similar matching procedure was used
for the airplane designed for a Mach number of 1.35 with a sweptback
wing. The total drag coefficient for the alrplane was modified in
accordance with the expression for drag due to 1lift for the swept

wing (eq. (B4))

Cp = Cp,0 + K'CLZ + K'iCp, + K''* (D13)

Short-Range Interceptor with Power Plent Submerged 1n Fuselage

For the alrplane with the engine submerged in the fueslage the
metching procedure had to be modified to provide an analytical deter-
mination of the alrplane drag coefficient. The three fundamental equa-
tione (D1), (D2), end (D3) are valid for the fuselage installation; and
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1

Ai'% A A5\ 2 -5 l'(%l)z

f% = 24[9.25 + 18(55) + B.S‘K% + o.zscgé) + 36+ — g -2 tag =
(D19)

where 6 1s boattall angle. For the fuselage with the engine submerged
therein, geametrically constructed as described in sppendix B, the ratio
of surface area to frontal area could be approximated by a linear rela-
tion involving the inlet and outlet ares ratios with 6 = 7°.

s _ As Ay
ol 40.58 + 3.88 & + 6.12 i (D20)

The inlet and outlet area ratios, Aj/Ay, and AJ/Ab, were written
as functions of AyfAs, AjfAg, Wgs FfWy, We/As, B, K, and Cp,o» 811 -
of which were known except CD,O'

A; Ay A, Ay ﬁd A,

B e E— —

xg Ac.Ab ECEE (D21)
where

Ag 6Wy

Kg B F\ Wa 2
Bl -—-4/——-- + BW,
(éé) A:\/KCp o g

With the help of the relations (Dl6), (Di7), (D18), and (D20), the
fuselage drag coefficient was written as

(p22)

mof o

o A A A
Cp,p = (6.12 Cp ¢ - C'p op) it (kK + 3.88 Cp r) - K\x;) *

(C'p,cp + K1 ~ Ky + 40.56 Cp ¢) (p23)

a single equation with two unknowns.

Another equation involving the two unknowns Cp,p, and Cp,0 was

evolved from the combination of equations (D4), (D5), (D8), (D14), and
(D15), and the equation for air flow
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2Wg
F
X Wa.

(D24)

Thus,

Cp,0 - 12 Cp,o,w

Cp,p =
" BafOpo 3¢ Op,0

VE Wy F ¥
Wy Ac

(p2s5)

The right-hend sides of equations (D23) and (D25) were set equal to
each other and solved for Aj/A. with the aid of equations (D21) and

(D22). The area ratio Ay/A, 1is a function of AJ/AC, F/A,, and Cp, 0
For s glven alrplane and flight condition, Wg, CD,f’ cD,cp’ K, Xy, Ko,
CD,O,W’ B, and q eare all fixed. The ratio Ai/AC was plotted against
Cp,0s 8nd cross plots yielded Cp,o &6 & function of F/A. and Ay/A,
for a selected Ai/Ac. With the assumed inlet configuration the flight
Mach number and air-hendling capacity Wg/A, determine A;/A.. In fig-
ure 432, CD,O is plotted against F/Ac for several values of AJ/AC.

This figure is for a Mach number of 1.8, an altitude of 50,000 feet,
and an slr-hendling cepaclty of 27 pounds per second per square Ffoot.
For any engine under conmslderation, F/A, and Aj/Ac are known and
the drag coefficient at zero 1ift can be determined from a figure
similer to figure 42.

The determination of Cp o together with equations (ps), (D5),

(D8), (D15), and (D24) mekes possible the determination of the com-
plete slrplane configuration.

Long-Range Interceptor with Power Plant in Nacelles

For the longer-range interceptor the wing loading was held st a
fixed value. This necessitated a modification iIn the analytical pro-
cedure for matching the alrplane and power plant. The total drag
coefficient of the alrplane was written as the sum of the drag coef-
ficilents of the wing and tail, the body, and the nacelles, multiplied
by appropriate area ratios. Thus

Ch = C 2 “n c (D26)
D = Cp,w+t * 1 CD,p * £ D,

S
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A substitution for the drag coefficient of the wing and tail yields

Ay Ay

1ZCDOW+KCL +A—chb_cD-A-;cD,n (D27)

The same equatlon can be written 1n terms of the airplane drag q and
the wing ares as follows:

By DAy Ay

2
1.2 Cp o,y *+ KO~ + %, °D,b = LA Cp,n K, (D28}

Equation (D28) may be solved for A,/A,; and when the thrust is sub-
stituted for the drag, the followlng equation results:

>

2 A'b
1.2 CD,O,W + KCL + ﬁ CD,b
LEge (D29}

Ay F/o,  (Wg/8/5), 8
5/6)r  Mma  Dm

where By and © are the ratlos of the amblent static pressure and the
compresgor-1inlet total pressure, respectively, to NACA standard sea-level
static pressure. Because the flight conditions, wing loading, and engine
parameters are all known or assumed for any particular power plant and
flight plan ell the quantities in equations (D29) and (D26) are
determined.
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Figure 1. - Flight plan for supersonic interceptor without cruise or loiter

provisions.
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Figure 3. - Effect of afterburner tempersture on performence of

interceptor without cruise or loiter provisions.

Compressor

pressure ratio, 5; compressor efflclency, 0.85; turbine-inlet
temperature, 2000° R; air flow per unit compressor area,

27 pounds per second per square foot; engline specific weight,
Design Mach

650 pounds per square foot; convergent nozzle.

number, 1.8.
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Figure 4. - Effect of afterburner temperature on performance

of interceptor with cruise and loilter provisions. Com-
pressor pressure ratic, 7; compressor efficiency, 0.85;
turbine-inlet temperature, 200Q° R; air flow per unit com-
pressor area, 27 pounds per second per square foot; engine
specific weight, 650 pounds per square foot; convergent
nozzle. Deslgn Mach number, 1.8.
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Figure 5. - Effect of compressor pressure retlio asnd compressor efficiency on per-
formance of interceptor without crulse or loiter provisions. Turblne-inlet
tempersture, 2000° R; afterburner temperature, 3500° R; alr flow per unit com-
pressor area, 27 pounds per second per square foot; engine specific weight,

650 pounde per square foot; convergent nozzle. Deslgn Mach number, 1.8.
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Figure 6. - Effect of engine speclfic welght end compressor efficiency on com-
et time of interceptor without crulse or loiter provigions for range of
compressor pressure ratics. Turbine-inlet tempersture, 2000° R; afterburner
temperature, 3500° R; ailr flow per unit ccompressor srea, 27 pounds per
second per square foot; convergent nozzle. Design Mach number, 1.8.
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Figure 10., - Effect of turbine-iniet temperature on performance of interceptor
without cruise or loiter provisions. Compressor pressure ratio, 5; compres-
sor efficiency, 0.85; afterburner temperature, 3500° R; alr flow per unit
compressor area, 27 pounds per second per square foot; engine specific
weight, 650 pounds peér square foot; convergent nozzle. Design Mach
number, 1.8. '
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Figure 11. - Effect of compressor pressure ratio and engine specific
weight on airplane performance for elevated turbine-inlet tempera-
ture. Turbine-inlet temperature, 2500° R; compressor efficiency,
0.85; afterburner temperature, 3500° R; air flow per unit compres-
sor area, 27 pounds per second per square foot; convergent nozzle.
Design Mach number, 1.8.
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Figure 12. - Effect of turbine-inlet temperature and compressor pressure ratlo

on performance of both long- and short-range sirplanes.

Compressor effi-

ciency, 0.85; afterburner temperature, 3500° R; air fiow per unit compressor
area, 27 pounds per second per square foot; engine specific weight, 650

pounds per square foot; convergent rnozzle.

Design Mach number, 1.8.
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Figure 13. ~ Comparlison of performance of interceptor without
cruise or loilter provisions equipped with convergent and
convergent-divergent exhaust nozzles. Compressor pressure
ratio, 5; compressor efficiency, 0.85; turbine-inlet tem-
perature, 2000° R; afterburner temperature, 3500° R; air
flow per unit compressor area, 27 pounds per second per
square foot; engine specific weight, 650 pounds per square
foot. Design Mach number, 1.8.
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Figure 14. - Effect of exhaust-nozzle velocity coefficient on cawbat time
of interceptor without d¢ruise or loiter provisions. Compressor pres-
sure ratio, 5; compressor efficiency, Q.85; turbine-inlet temperature,
2000o R; afterburner temperature, 3500o R; air flow per unlt compressor
area, 27 pounds per second per square foot; engine specific weight,

650 pounds per sqguare foot. Design Mach number, 1.8.
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Figure 15. - Effect of exhaust-nozzle configuration on performance of inter-

ceptor without cruilse or loiter provisions. Compressor pressure retio, 5;
compressor efficiency, 0.85; turbine-inlet tempersture, 2000° R; after-
burner temperature, 3500° R; air flow per unit compressor area, 27 pounds
per second per square foot; engine specific weight, 650 pounds per square
foot. Design Mach number, 1.8.
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Pigure 16. - Effect of convergent-divergent nozzle design Mach number
on performance of interceptor including cruise and loiter provi-
sions. Compressor pressure ratio, 7; compressor efficlency, 0.85;
turbine-inlet temperaturey- 2000° R; afterburner temperature,
3500° R; air flow per unit-compressor area, 27 pounds per second
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foot. Design Mach number, 1.8.
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visions. Turbine-iniet temperature, 2000° R; afterburner tempera-
ture, 3500° R; engine gpecific weight, 650 pounds per square foot;
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Figure 19. - Comparison of performance of interceptor without cruise or loiter provi-
slons with engines mounted in nacelles and submerged in fuselage. Compressor effi-
clency, 0.85; turbine-inlet temperature, 2000° R; afterburner temperature, 3500° R;
alr flow per unit compressor area, 27 pounds per second per square foot; engine
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Figure 22. - Effect of inltial gross weight on compressor pressure ratio
for maximum combat time of interceptor without crulse or loiter with
advenced engine. Campresgsor efficiency, 0.85; turbine-inlet tempera-
ture, 2500° R; afterburner temperature, 3500° R; air flow per unit
compressor area, 33 pounds per second per square foot; engine specl-
fie weight, 650 pounds per square foot; comvergent-divergent nozzle.
Deslgn Mach number, 1.8.
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